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Unsteady Flow and Shock Motion
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The results of an experimental and numerical comparison of the unsteadiness and shock motion that
occurs in the tip region within a modern, low-aspect-ratio, high-through-� ow, axial-� ow transonic fan
rotor are presented. The unsteadiness studied here is associated with local phenomena within the blade
passage and not related to blade row interaction. Unsteady static pressures were measured at the casing
over the rotor that operates at a tip relative Mach number of 1.6. An unsteady three-dimensional
Navier – Stokes computational study was performed with tip clearance comparable to the test rotor. The
fully three-dimensional, unsteady, Reynolds-averaged Navier – Stokes equations were solved with time
steps, each nominally of 2.8 3 1025 s in duration or approximately � ve times blade pass frequency. The
results in the clearance gap were retained from the computational solution and compared with the ex-
perimental measurements. Both indicated deterministic unsteadiness near the location of the shock. High
levels of unsteadiness were also measured downstream of the shock in the path of the clearance vortex,
but this phenomenon was not predicted by the computation. The unsteadiness near the shock was shown
to be a result of movement of the shock. The amplitude and frequency of shock position oscillation was
estimated from the results to be about 2% chord and 2 kHz, respectively. Analysis of loss caused by the
shock unsteadiness suggested that losses because of shock motion were insigni� cant relative to the steady
shock loss at the relative Mach number studied.

Introduction

T O meet the performance requirements of advanced mili-
tary engines, fans must be developed that deliver high

levels of ef� ciency. However, large ef� ciency reduction oc-
curs in the tip region of transonic, unshrouded fan rotors. This
is because of the presence of and mutual interaction between
the clearance � ow, core � ow, boundary layers, and shocks.
Though these structures and their relationship to loss can be
evaluated in a steady or Reynolds-averaged state, their un-
steady nature has been suggested to contribute to the produc-
tion of loss. Kerrebrock1 observed that a correlation exists be-
tween increased loss and increased unsteadiness when nearing
the tip region in a spanwise sense. This is the unsteadiness that
is generated within the blade row itself and independent of the
unsteadiness generated by blade row interactions.

Most investigations to date have only addressed the steady
nature of the tip � ow� eld.2– 6 However, several experimental
studies have investigated the unsteadiness as related to shock
movement. Strazisar7 measured shock motion of 3.5% of chord
from laser anemometer data. He estimated that for a shock
frequency of 1 kHz this motion will produce an increase of
11% in shock loss relative to a stationary shock. Ng and Ep-
stein8 studied � ow� eld unsteadiness via measurements at the
exit of a transonic fan rotor. Fluctuations were found at three
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to four times the blade pass frequency (15 – 20 kHz), with am-
plitudes as large as the wake total pressure defect at the tip. It
was postulated that these � uctuations were attributed to shock
motion in the rotor-relative reference frame, which could be
caused by relaxation oscillations with the boundary layer or
von Kármán vortex streets shed in the blade wakes. Hathaway
et al.9 con� rmed that the rotor blade vortex shedding frequency
was in the range of 15 – 20 kHz, and therefore, may drive the
shock oscillations seen by Ng and Epstein.8 Alday et al.10

found in two axial � ow transonic rotors that � ow near the rotor
tip, where the highest losses were occurring, was extremely
random in nature.

These studies have demonstrated the importance of under-
standing the unsteady aspect of the tip � ow� eld when explor-
ing loss generation. In the studies just cited, transonic tip � ow-
� eld phenomena have been explored with relatively simple
computational models, which may not capture all of the rele-
vant interactions, such as shock boundary-layer interaction and
shock-clearance � ow interaction. Computational capability has
improved to the point where a fully three-dimensional, viscous,
unsteady analysis is now possible. Relatively few unsteady nu-
merical studies have been reported in the open literature.
Owen,11 Scott and Hankey,12 and Epstein et al.13 studied un-
steady � ow phenomena inside a two-dimensional cross section
of a transonic compressor. However, the � ow phenomena that
occur in highly loaded compressor con� gurations cannot be
fully investigated using a two-dimensional assumption. Re-
cently, various unsteady � ow analyses have been reported for
the simulation of multiple blade row interactions.14– 19 How-
ever, these studies mainly investigated � ow unsteadiness
caused by the physical interaction of � ow� elds of adjacent
blade rows.

The current study attempts to explore the state of the art in
computational capability with regard to unsteady transonic
compressor rotor tip � ow� elds for an isolated rotor where the
primary source for unsteadiness would be the passage shock
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Table 1 Test article parameters

Pressure ratio,a 2.047
Isentropic ef� ciency, 90.4%

Corrected � ow per annulus area, 43.38 lbm/s-ft2

Corrected tip speed, 1500 ft/s
Approximate inlet tip relative Mach number, 1.6

Mean rotor aspect ratio, 1.320
Rotor inlet hub/tip ratio, 0.312

Mean tip clearance (% of tip chord), 0.6%
Approximate design blade pass frequency, 7 kHz

Blade count, 20
aReference data point no. srs93042012.

Fig. 2 Transducer locations.

Fig. 1 Test con� guration.

system. In the study, the in� uence of the stator on the rotor
has been eliminated only to simplify the task of code assess-
ment. Certainly the stator would in� uence the rotor in an un-
steady fashion and this must be considered in future studies,
but the goal of this study is to � rst establish the computational
capabilities on the isolated rotor. The study will also expand
on the knowledge base of unsteady interactions in transonic
compressors through experimental results. In this article, the
authors do the following:

1) Present new experimental evidence of transonic rotor tip
unsteadiness at two design speed operating conditions.

2) Compute the unsteady � ow� eld for the rotor using a fully
three-dimensional unsteady Reynolds-averaged Navier – Stokes
analysis.

3) Identify the unsteady � ow structures present in transonic
rotor tips.

4) Discuss some implications of the computational and ex-
perimental comparison on future improvements to computa-
tional capabilities and experimental methods.

Experiment
Test Article

A schematic diagram of the compressor test rig is shown in
Fig. 1. Note that there are no inlet guide vanes or upstream
struts in this test con� guration. Details of the test facility and
steady-state instrumentation are provided by Law and Wadia20

and Copenhaver et al.21

The rotor used for the current work, denoted rotor 4, is a
low-aspect-ratio, high-through-� ow, highly loaded con� gura-
tion. Detailed design information on rotor 4 was provided by
Parker and Simonson.22 The rotor overall performance was
studied in detail by Copenhaver et al.21 and Wadia and Copen-
haver.23 The stator con� guration was designed through a com-
putational � uid dynamics technique as was reported by Co-
penhaver et al.21

The peak ef� ciency stage performance with rotor 4 installed
along with some geometric information is given in Table 1.

Measurements

The tip � ow� elds of transonic rotors have been studied both
experimentally and computationally by many authors.24– 29 It is
somewhat surprising to note that little if any rotor-relative un-
steady information concerning the tip � ow� eld in the cascade
plane of a transonic rotor is found in the open literature. Most
presentations of unsteadiness include rotor exit information.
One possible reason is that, since the time history of the signals
must be simultaneously retained for multiple transducers, the
data storage requirements are imposing and handling such data
sets has been quite dif� cult until comparatively recent ad-
vances in computer mass storage and networking.

For this study, high-response casing-mounted pressure trans-
ducers were used to measure the blade tip static pressure dis-
tribution. Details of the ensemble-averaged static pressure
measurements were reported by Sellin et al.30 In summary, the
10 casing-mounted transducers used to measure the time-re-
solved static pressures were evenly spaced in the region ex-
tending from 40% of the axial chord projection upstream of

the leading edge to 80% downstream of the leading edge.
Transducer sensing surface diameters were 0.073 in. (1.77%
blade chord). The distribution of the transducers relative to the
rotor is shown graphically in Fig. 2. Measurement density was
limited because of the physical requirements for transducer
placement. Although a higher measurement density would be
desired, the density is adequate to identify the dominant struc-
tures and locate and quantify areas of high unsteadiness.

Transducer Calibration and Measurement Uncertainty

The design of the test rig (Fig. 1) allowed the pressure trans-
ducers to be calibrated in place. With the rotor removed,
known pressures were applied to each of the casing-mounted
pressure transducers. Since the transducer output is linear in
the pressure range of interest, a two-point calibration was per-
formed, with pressures of atmospheric and 10 psig.

A measurement uncertainty analysis was performed for a
representative discrete value of the unsteady pressure signal,
which included the effect of all components involved in mea-
surement and calibration. The bias error was estimated to be
60.05 psi and the precision error was estimated to be 60.07
psi. This gave an overall uncertainty of 60.086 psi at a 95%
con� dence interval. The signi� cance of the unsteadiness in-
formation could, of course, be compromised by excessive mea-
surement uncertainty. In particular, the precision error com-
ponent has a direct bearing if it is assumed that the bias error
changes little over the recording period, which is a reasonable
assumption. The threshold below which unsteadiness would be
considered insigni� cant was computed to be equivalent to a
precision error of 60.07 psi. Root mean square magnitudes
well over this value were seen in each test case.

Data Processing

The data were digitized from previously recorded analog
tape and further processed by software. The digital sampling
rate was set at (279 kHz), thereby providing 40 samples to
span one blade passage. A once-per-revolution synchronization
signal was used to phase lock the signals during processing.
This allowed the rotor to be phase-locked such that subsequent
ensemble averaging and unsteadiness calculations would be
done for the same blade passage on each revolution. It was
determined that an average of 125 ensembles from each trans-
ducer output was required to obtain an adequate steady-state
representation of the macroscopic tip � ow structure. Root
mean square levels were obtained by comparing all 125 en-
sembles with the average, for the blade passage analyzed.
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Fig. 3 Blade-to-blade computational grid, tip region.

Fig. 4 Tip gap description.

The nature of the laboratory frame-� xed position of the cas-
ing mounted transducers limits the information that is obtain-
able. Rotor relative frame static pressure information that is
presented later will indicate the nonengine order variation in
static pressure. Variations that are integral multiples of the
once-per-revolution rotor frequency are not detected. The rotor
potential � eld will be included in the measurements, but it is
not possible to resolve the in� uence of the nature of the stator
potential � eld in the rotor relative frame, since the position of
the transducers relative to the stator row is � xed. Therefore,
the potential � eld in� uence of the stator on the rotor is constant
in the measurements presented.

Since the 10 casing measurements are made at different ax-
ial/circumferential locations (Fig. 2), the stator � eld pitchwise
in� uence is slightly different for each measurement. However,
the relative positions of the transducers and stator vanes are
� xed. Therefore, when the rotor is in a given position, the
instantaneous, ideal potential � eld in� uence of the rotor and
stator on a given measurement is the same from revolution to
revolution. (The effective sampling rate of the dynamic mea-
surement is once per revolution.) Consequently, the in� uence
of the stator potential � eld on the measurements is minimal
with regard to unsteady comparisons.

Numerical Methods
The present study aims to solve numerically the unsteady

� ow� eld for rotor 4 in isolation. The numerical component is
intended to identify the causal relationships between the lo-
cally generated unsteadiness and shock motion near the tip
region. A three-dimensional steady Navier– Stokes code that
has been successfully tested for a wide range of turbomachi-
nery � ows was extended to execute a time-accurate calcula-
tion.31 The steady computation was extensively compared with
steady experimental measurements for rotor 4 at peak ef� -
ciency by Copenhaver et al.21 and Puterbaugh,32 showing good
agreement. The steady solution was obtained � rst with a large
effective time step. The converged steady solution was then
used as an initial condition for the unsteady computation. At
each time step, the overall residual is reduced by four orders
of magnitude from the initial value.

During the development of a time-accurate calculation, it
was found that high-order discretization schemes are neces-
sary for both the space and the time discretization to avoid
excessive numerical dissipation. The effects of the turbulent
� uctuation are included through the turbulence model. The tur-
bulence is represented through the ensemble-averaged turbu-
lence kinetic energy and turbulence dissipation rate. These two
turbulence variables are obtained by solving the unsteady form
of the transport equations for the turbulence kinetic energy and
the dissipation rate. Low Reynolds number modi� cations are
used and the turbulence variables are integrated up to the wall.
A wall function is not used near the solid wall.

For the time-dependent terms, an implicit second-order
scheme was used. For this approach, a number of subiterations
was performed between each time step. The speci� c number
of subiterations that was determined by the size of the time
step was typically 15 – 20 for the present application. At each
time step, the governing equations were solved with an implicit
relaxation method using a fully conservative control volume
approach. A third-order-accurate interpolation scheme was
used for the discretization of the convection terms and central
differencing was used for the diffusion terms. The method is
of second-order accuracy with smoothly varying grids.

The grid used for this study was a blade centered I-type
grid. The I-type grid is a body-� tted, nonperiodic grid char-
acterized by excellent orthogonality, as shown in Fig. 3. For
the current study, the grid had 50 nodes in the pitchwise di-
rection, 46 nodes in the spanwise direction, and 151 nodes in
the streamwise direction. For the tip region, seven nodes were
distributed from the suction to the pressure surface with six
nodes in the clearance gap, as demonstrated in Fig. 4.

Standard boundary conditions for the current type of prob-
lem were imposed. At the inlet, total temperature and the total
pressure condition along with two components of velocity vec-
tors were speci� ed. At the exit, the static pressure was imposed
at one point. These boundary conditions were applied strictly
as nonre� ecting conditions to produce physically accurate un-
steady results.

Many factors were considered when selecting an appropriate
time step for the calculation. The primary considerations for
this study were to capture the fundamental frequencies of the
shock motion, stay within mass storage restrictions, and main-
tain numerical stability. The optimum sample rate was selected
based upon these considerations, and therefore, may not be
ideal for other studies, such as rotor-stator interaction, where
higher rates would be required.

Shock motion frequency was estimated based on a simple
analysis of the time required for a pressure wave to travel from
the shock on the suction surface to the trailing edge and back.
The analysis was done by assuming that the wave would travel
along a grid line near the blade suction surface. The net ve-
locity was computed as the difference between the local ve-
locity vector and the local speed of sound with direction de-
termined by whether the wave was traveling upstream or
downstream. The traveling wave time determined from the
steady solution Mach number distributions was 5 3 102 4 s or
at a frequency of approximately 2 kHz. Following the Nyquist
criterion a sample rate of at least 2.5 3 102 4 would be required
to capture this type of wave phenomena. Therefore, the time
step for all of the unsteady computations was selected to be
nominally 2.8 3 102 5, representing an effective numerical
sample rate of approximately 35.7 kHz or � ve times rotor
blade passing. Time steps greater than this could not be ob-
tained because of numerical stability considerations.
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Fig. 5 Mass � ow convergence history.

Fig. 6 a) Computed contours of rms pressure � uctuations in
clearance region (near stall) and b) measured contours of rms
pressure � uctuations on casing wall (near stall).

It was necessary to store up to 20 samples at the chosen
sample rate for one shock period to be captured. Higher sample
rates would require more storage to assess shock motion. The
transitional effects on the numerical results were eliminated by
running the unsteady computation 160 steps beyond its tran-
sition period before making any unsteady observations. Figure
5 demonstrates the mass � ow convergence history. The solu-
tion requires approximately 80 time steps to transition from
steady conditions to a periodic solution where the mass � ow
� uctuations are on the order of 60.5% of the starting steady
� ow and at a frequency of approximately 2 kHz. A total of
160 time steps were analyzed for � ow� eld details in blocks of
40 to maintain reasonable storage � le sizes. Based on the sam-
ple rate of 2.8 3 1025, 160 time steps establish a low-fre-
quency limit of approximately 225 Hz, below which unstea-
diness cannot be resolved.

Results
Experimental and computational results were obtained and

compared at the peak ef� ciency and near-stall operating points
at design speed. The test article experienced no rotating stall
at the near-stall operating condition. Therefore, the unsteadi-
ness shown in the results at near stall is not related to a stalling
condition. The unsteadiness comparisons are primarily based
on two-dimensional distributions of the rms variation of static
pressure in the blade-to-blade plane near the casing. The ex-
perimental rms values were computed from an ensemble of
125 pressure distributions, each covering the same blade pitch,
whereas the numerical rms values were computed from an en-
semble of 160 blade pitch pressure distributions, or time steps.

Two well-de� ned areas of deterministic unsteadiness within
the blade passage are evident. The � rst is characterized by
shock motion and the second by postshock unsteadiness. These
two areas will be compared both qualitatively and quantita-
tively in subsequent sections.

Shock Motion

Figure 6 shows a comparison of the measured and computed
contours of rms static pressure for the tip region of the com-
pressor at near-stall operation. The computations (Fig. 6a)
show an area of high unsteadiness just in front of the blade
leading edge in a narrow band emanating from the suction
surface of the blade and terminating upstream of the blade
leading edge. This region coincides with the shock position,
which is detached at this near-stall operating point. The un-
steadiness dissipates quite rapidly as it extends upstream in a
direction normal to the blade chord. This is primarily a result
of the change in grid density that exists in the I-grid con� g-
uration at the periodic boundary. The true upstream termina-
tion point for this unsteadiness cannot be determined with this
grid con� guration. Peak levels of unsteadiness in this structure
exist in the passage directly upstream of the leading edge and

downstream of the suction surface intersection point. At the
shock-suction surface intersection point an increase in unstea-
diness can be seen emanating from the surface and extending
slightly downstream. The peak rms level in this region is 1.57.

The measurements (Fig. 6b) show the same local peak in
unsteadiness near the position of the shock that supports the
computational results. The unsteadiness extends upstream as
far as the measurements are available and terminates on the
suction surface. Just as in the computation, a local peak of
unsteadiness appears near the intersection of the shock and the
suction surface. The measured rms level in this region was 1.2
psi vs 1.57 psi from the computation.

To provide a more quantitative comparison, the rms varia-
tion in static pressure at 13% chord is shown in Fig. 7a. The
rms distributions agree well in both level and character. The
� gure shows a slightly different shock location for measured
and computed results. This may be a result of slight differences
in back pressure. Figure 7b shows the same comparison at 39%
chord. Good agreement in shock rms magnitude is shown, but
a signi� cant difference is apparent in the midpassage region
behind the shock. The measured postshock unsteadiness is not
predicted by the computation. These differences will be dis-
cussed further in the postshock unsteadiness section.

The computation has suf� cient temporal resolution (2.8 3
1025 s) and was run at a suf� cient number of time steps to
establish periodicity. Shock oscillation frequency was deter-
mined from the computational results. The evaluation was
done by computing the unsteady components of velocity at
each time step. The unsteady component is de� ned as the vec-
tor difference between the vector � eld at a given time step and
the steady solution. This representation enhanced the ability to
discern � ow� eld differences between time steps. In the case
of shock system motion, the vectors change magnitude and
direction as a function of the shock system speed and direction.
The vector � eld was seen to repeat after approximately 18 time
steps, which implied a shock oscillation frequency of approx-
imately 2 kHz. This is on the order of six times the rotor
rotational frequency (350 Hz) and one-quarter of the blade
pass frequency (7 kHz). This is the same frequency that was
computed for a pressure disturbance to travel from the shock
system to the blade trailing edge and return. This suggests that
the oscillation is a result of a pressure-based disturbance with
a time scale equivalent to travel to the trailing edge and back.
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Fig. 7 a) Comparison of measured and computed rms pressure
levels (13% blade chord) and b) comparison of measured and
computed rms pressure levels (39% blade chord).

Fig. 9 a) Computed contours of rms pressure � uctuations in
clearance region (peak ef� ciency) and b) measured contours of
rms pressure � uctuations on casing wall (peak ef� ciency).

Fig. 8 Impact of shock amplitude and steady Mach number on
loss.

In addition, the estimated shock frequency of 2 kHz is of the
same order of magnitude as found in some other fundamental
internal � ow and isolated airfoil studies.33– 35 In each of these
studies the shock-boundary-layer interaction was seen to drive
shock oscillation.

To further explore shock motion, the movement of the sonic
line in the blade passage was determined. The largest move-
ment of the shock within the clearance gap is closest to the
blade suction surface region, with a maximum variation of
0.8% of chord. The measured variation in shock position was
determined to be about 2.0% of chord. This was done by ex-
amining the time history of pressure signals at 13% chord,
which represents the mean shock position at about midpassage.
The shock is indicated by a sharp pressure rise, whereas the
blade is indicated by a sharp pressure drop. The range of shock
positions was determined by calculating the time difference
between a rise in the signal when crossing a threshold asso-
ciated with the shock position and a drop in the signal when
crossing a threshold associated with the blade position. This
was done for each of the 125 pressure distributions measured
from the same blade passage. The change in these differencing
times, modi� ed appropriately for geometry and time-space
scaling, indicates the variation in shock position. Since the
time differences were computed from shock-to-blade for each
pressure distribution, any in� uence of errors in blade position
is eliminated.

The losses attributed to shock unsteadiness can be estimated
following the approach de� ned by Strazisar.7 The net shock
loss caused by harmonic motion can be determined by com-
puting the shock translational Mach number as a function of
frequency and amplitude. This translational Mach number is

added to the steady shock Mach number, giving a time history
of the shock entrance Mach number. From this information the
associated time-resolved pressure loss can be determined. The
loss is averaged for one period and compared to the steady
shock loss to assess the impact of shock unsteadiness on loss.
Figure 8 shows the effect of shock oscillation amplitude and
steady normal Mach number on an increase in shock loss for
a shock oscillation frequency of 2 kHz. For the conditions at
near stall in this study the increase in loss resulting from shock
unsteadiness at the rotor tip is approximately 1%. Figure 8
demonstrates the impact of the steady shock Mach number on
unsteady loss contributions. At lower Mach numbers shock
system unsteadiness has a more signi� cant impact over the
steady loss level. From these results, it can be stated that un-
steadiness of the shock system in the tip of the rotor studied
does not signi� cantly contribute to shock loss. Further study
is required to determine the impact of shock unsteadiness on
loss because of shock-boundary-layer interaction, shock – vor-
tex interaction, and postshock unsteadiness.

Figure 9 details the comparison of computed and measured
rms variation in static pressure at the near peak ef� ciency op-
erating point. For this operating point the shock system is at-
tached to the blade leading edge and contained within the pas-
sage. The computed results (Fig. 9a) indicate unsteadiness
primarily at the shock location with the general level being
0.4 – 0.6 psi. This is approximately one-half the magnitude
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computed at the near-stall condition. Again, a local peak in
unsteadiness exists near the shock – suction surface intersec-
tion. The measured results (Fig. 9b) also show unsteadiness
con� ned within the passage with peak levels near the shock
of 0.7 psi. This agrees well with the computed levels and also
is nearly half the levels seen at near stall. The unsteadiness in
measured static pressure persists downstream of the shock and
is not captured by the computations.

Although the comparisons in this study are limited to time-
resolved static pressures, they do suggest that the computation
adequately represent shock motion in this rotor. The measured
rms levels of shock motion were predicted within reasonable
bounds. These results support the notion that shock system
unsteadiness exists within an isolated rotor and that the levels
increase substantially when the shock system becomes de-
tached from the leading edge and extend out from the blade
passage. The analysis of these results also suggests that shock
loss is not increased substantially by the levels of unsteadiness
seen in this study.

Postshock Unsteadiness

The area of coherent unsteadiness evident in the measure-
ments downstream of the shock (Fig. 6b and Fig. 9b) is iden-
ti� ed as postshock unsteadiness. This area begins near mid-
pitch and migrates toward the pressure surface as it extends
downstream as demonstrated by Fig. 6b. Recent work by Pu-
terbaugh32 and Puterbaugh and Copenhaver36 suggested that
this unsteady structure is the result of the interaction between
the clearance � ow and the shock. Fundamental studies by Cat-
tafesta37 on weak shock – vortex interactions in a Mach 2.5
overexpanded freejet showed shock and postshock unsteadi-
ness.

The measured results in Figs. 6b and 9b suggest that, for
this rotor, the unsteadiness continues far downstream of the
shock to the blade row exit. The region of postshock unstea-
diness corresponds very closely to the low-velocity region be-
hind the shock at the rotor tip identi� ed by Suder and Celes-
tina4 in their transonic rotor studies. Therefore, this region can
be presumed to be low in velocity and unsteady to the same
extent as the shock oscillation. A region of this nature could
produce a signi� cant amount of loss and blockage.

The computation did not capture the coherent unsteadiness
that was measured behind the shock. One possible reason
could be that the frequency of these oscillations was much
higher than the computational sample rate could resolve. The
frequency of the postshock oscillations may be 15 – 20 kHz as
indicated by Ng and Epstein.8 It is also possible that the tur-
bulence model used in the computation, although able to sim-
ulate the shock motion, is not able to correctly model the vis-
cous interactions that the vortex encounters in a high-gradient
region such as a shock. This will be discussed further in the
Discussion and Conclusions section.

Another possible reason is that grid density at the shock
location and beyond is insuf� cient. The grid was established
to provide the best possible steady results over the complete
operating range of the rotor system. It was not optimized for
any particular operating condition. For this study the grid may
not be � ne enough at the shock vortex interaction location to
properly capture the discontinuous rise in pressure that occurs
in the shock. The pressure rise gradient may not be great
enough to cause the unsteadiness seen in the measurements.
Additional measured data and computational studies are re-
quired to establish the importance of this postshock unsteadi-
ness on rotor performance.

Discussion and Conclusions
The computational and experimental results for the subject

rotor both indicated shock oscillation in the blade tip gap re-
gion for near-stall operating conditions. Although the compu-
tation did not capture all of the features of unsteadiness seen
in the measurements, the shock oscillation was well described.

The shock oscillation frequency from the computed results was
estimated as 2 kHz. It was not possible to resolve frequency
from the measurements presented, but the � ndings from the
computational results agree to the same order of magnitude as
the levels found in more fundamental studies,33– 35 which relate
shock motion to interaction with the blade surface boundary
layer. In addition, the frequency agrees well with computed
pressure-based oscillations from the shock location to blade
trailing edge. The computational sample rate did not allow for
investigation of the high-frequency-level oscillations levels of
15 – 20 kHz as presented by Ng and Epstein.8 Perhaps the in-
teraction with the clearance vortex drives the higher-frequency
oscillations seen in their study. This is a possible cause for the
failure of the computation to capture this structure.

Another possible reason for the computation’s failure to pre-
dict the postshock unsteadiness is the limitations of the tur-
bulence model. The turbulence model must be considered
when evaluating the comparisons made in this study. The k-«
turbulence model with a low Reynolds number correction has
been tailored for the primary � ows that exist in this class of
turbomachine. The results from this turbulence model for
steady computations have been very good in the prediction of
global performance as well as the steady � uid mechanics.21

The coef� cients used in this study to determine the turbulent
viscosity, have not been modi� ed from previously established
values. The study demonstrates for the � rst time that the k-«
turbulence model can adequately predict shock system � uc-
tuations that are primarily driven by the interaction with the
boundary layer, therefore, indicating that it is properly tailored
for this class of � ows. Perhaps it requires further tailoring for
the swirling � ows that exist in a shock/vortex interaction sit-
uation. Such an effort is beyond the scope of this study, but
certainly should be considered in future work. This study es-
tablishes the need to fully evaluate the capabilities of a tur-
bulence model with regard to tip � ow unsteadiness prior to
full use in design.

From these studies the following conclusions can be drawn:
1) The shock system in this rotor in the absence of an un-

steady stator potential � eld at the near-stall operating condition
is unsteady in the relative frame with shock position oscillation
levels estimated to be 1 – 2% of blade chord in the clearance
region.

2) Unsteadiness is reduced signi� cantly for operating con-
ditions where the shock is con� ned to the blade passage.

3) The shock oscillation frequency at the near-stall condition
estimated from the unsteady computation was approximately
2 kHz. This is the same frequency that a pressure-based dis-
turbance travels from the shock to the trailing edge and returns.

4) Shock loss was not substantially increased (1%) for the
greatest amplitude of shock system oscillation (2%) with the
high tip Mach numbers seen in this study. This suggests for
this class of rotor, steady codes can be used to assess isolated
rotor shock system loss.

5) Further studies, both computationally and experimentally,
are required to establish the signi� cance of the measured
postshock unsteadiness on performance.
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